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Boundary Conditions for Unsteady Supersonic Inlet Analyses

David W. Mayer* and Gerald C. Payntert
Boeing Commercial Airplane Group, Seattle, Washington 98124

New bleed and compressor face boundary conditions have been developed to improve the accuracy of unsteady
supersonic inlet calculations. The new bleed boundary condition relates changes in the bleed hole discharge coef-
ficient to changes in the local flow conditions; the local bleed flow rate can more than double as a shock moves
forward over a bleed band in response to inlet flow disturbances. The stability margin of the inlet is strongly
dependent on the throat bleed configuration since the locally rapid increase in bleed flow has a strong effect on
the motion of the normal shock. The new compressor face boundary condition accounts for changes in the
unsteady flow conditions at the compressor face by specifying the compressor face corrected mass flow or Mach
number either as a constant or as a linear function of the stagnation conditions. The effects of inlet flow distur-
bances on the flow at the compressor face are represented more realistically with this new boundary condition
than with traditional fixed static pressure or mass flow conditions. Euler calculations of the dynamic response of
an inlet flow to a flow disturbance at the compressor face with 20- and 90-deg throat bleed hole angles are
reported. These results indicate that an extra margin of stability for the inlet is obtained with 90-deg bleed holes
because the increase in bleed flow rate as the shock moves forward over a bleed band is much larger for 90-deg

holes than for 20-deg holes.

Nomenclature

= cross-sectional area

= speed of sound

= bleed hole diameter

= stagnation energy per unit volume

= Jacobian of the coordinate transformation
= empirical pressure coefficient, Eq. (7)

= empirical temperature coefficient, Eq. (7)
= bleed hole length

= Mach number

= mass flux

= flow domain outward unit normal vector
= order

= pressure

onic = sonic mass flow coefficient, Eq. (3)

= vector of dependent variables

=radius

= temperature

= time

= unit tangent vector, u,1; + Uyls

= velocity vector

= Cartesian coordinates

= angle of bleed holes relative to surface
=Pr/Pr,

= computational coordinates

= ratio of specific heats

= surface porosity, Eq. (2)

= arbitrary variable

= density

=Tr/Ty,
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Subscripts

1,2 = component in x or y direction
bleed = at the bleed system
CF = at the compressor face
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c = corrected value

i, j = computational indices

lip = at the cowl lip

local = at the wall for inviscid flows or at the boundary-layer

edge for viscous flows

max = maximum value

min = minimum value

plenum = at the bleed plenum

r = reference value

S2 = downstream side of throat shock
surface = at the surface

T = stagnation condition

t = partial derivative with respect to time
wall = at the wall

X,y = partial derivatives with respect to x or y
Superscripts

n = time plane

’

= dimensional quantity

Introduction

HE propulsion systems for new supersonic aircraft, such as

the high-speed civil transport, require high performance su-
personic inlets. These inlets must provide sufficient airflow to
meet the demands of the propulsion system at a high-pressure re-
covery, low-flow distortion, and minimum drag penalty to the air-
craft. Flow stability must be maintained to reduce the risk of an
inlet unstart (i.e., to avoid expelling the normal shock from the
inlet).

Since the compressor requires subsonic airflow, the inlet must
decelerate the air to subsonic conditions. The initial deceleration is
accomplished through a series of oblique shocks that terminate in a
normal shock. To minimize total pressure losses across the normal
shock, the inlet is designed to keep this shock just downstream of
the inlet throat where the local Mach number is just slightly greater
than one.

A primary inlet design goal is to maintain the normal shock in a
stable position just downstream of the throat. If disturbances to the
inlet flow (which may arise from an engine transient, from a tran-
sient in the freestream flow, or from moving geometry within the
inlet) cause the normal shock to move upstream of the throat, the
inlet will unstart. An inlet with a large stability margin will tolerate
larger disturbances to the inlet flow without resulting in an unstart.
The penalty for the large stability margin is typically a loss in total
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pressure recovery, increased distortion, and increased bleed drag.
The penalty for an inlet unstart is a rapid and dramatic increase in
drag, large control forces to maintain aircraft control, and the po-
tential loss of aircraft control.

The shock/boundary-layer interactions can lead to boundary-
layer separation, which reduces the pressure recovery, increases
the flow distortion, and can also induce an inlet unstart. To prevent
separation, the low-energy part of the boundary layer, near the
wall, is often bled away through perforated or porous walls. The
boundary-layer bleed in the throat also has a stabilizing influence
on the normal shock: since the bleed rate can increase significantly
behind the shock (due to the pressure rise across the shock and the
change in bleed hole discharge coefficient), the forward motion of
the normal shock is minimized.

Traditionally, much of the inlet performance information
needed to design the inlet has been obtained from wind-tunnel
tests. The rising costs of wind-tunnel testing have lead to an in-
creased emphasis on computational fluid dynamic (CFD) analysis
techniques. Improvements in computer speed and memory size
now make it feasible to obtain inlet performance information (in-
cluding the stability margin) using CFD techniques.

Although unsteady CFD codes exist, they typically do not in-
clude the necessary boundary conditions for analyzing unsteady
inlet flows. The objective of this study was to devise improved
bleed and compressor face boundary conditions for analyzing un-
steady supersonic inlet flows with an existing Euler/Navier-Stokes
code. Other researchers have developed bleed boundary condi-
tions, "2 but these do not accurately account for the change in bleed
mass flux as a shock moves over the bleed region. An improved
bleed boundary condition was developed during the course of this
study. In addition, a compressor face boundary condition was de-
veloped to account for unsteady flow conditions at the compressor
face.

In the next section, a mixed-compression axisymmetric inlet
configuration is described. Then a brief description of the flow

Supersonic Inlet Configuration

A mixed-compression translating centerbody inlet was used for
the boundary condition development and is shown in Fig. 1. De-
tailed design information is contained in Ref. 3. The configuration
had a length (measured from the centerbody tip to the compressor
face) of 6.3 cowl-lip radii. The flow conditions are for a freestream
Mach number of 2.35 at an altitude of 60,000 ft. Table 1 describes
the bleed system. A bleed region consisted of two to four rows of
staggered holes with a hole diameter approximately equal to the
local boundary-layer displacement thickness just upstream of the
bleed band. The holes were spaced between 2.0 and 2.2 hole diam-
eters in a circumferential direction. Bleed plenum pressures were
set to the freestream static pressure to insure that all of the bleed
regions were choked. The bleed plenum pressure was assumed to
be constant for this study so that the flow through a bleed region
downstream of the inlet throat remained choked as the normal
shock moved forward over the bleed region. The cowl slot was
simulated by a porous wall section using discharge coefficient data
for 20-deg bleed holes.

Flow Solver

The inlet flowfield calculations were performed with the PARC
computer code distributed by the U.S. Air Force.* Detailed de-
scriptions of the code are provided in Ref. 4, and only a brief sum-
mary of the significant features of the code is presented here. The
PARC code is a general purpose flow analysis program based on
the ARC code developed at NASA Ames. The code shares many
of the features of the original ARC code and has been extensively

Table 1 Bleed system description

Area, Row or slot
Bleed region Apjeed/Atip Angle, deg Rows  location, x/ry,

. . . .004 3.1950-3.
solver used to analyze the inlet flow is provided, followed by de- Cowl 1 0.00473 20 2 3.1950-3.2349
.. . Cowl 2 0.00462 20 2 3.3951-3.4367
scriptions of the new bleed and compressor face boundary condi-
. . Cowl 3 0.00449 20 2 3.5951-3.6349
tions. Next, the new bleed and compressor face boundary condi-
. . . Cowl slot 0.0030  — ——  3.7900-3.8300
tions are demonstrated by calculating the response of the inlet flow
. . . Cowl 4 0.00760 20 4 3.8816-3.9425
following a 1% decrease in compressor face mass flow. The stabil-
R - . . . Centerbody 1 0.0070 20 4 3.4167-3.4775
ity margins with 20- and 90-deg bleed holes in the throat region
. . . Centerbody 2 0.0055 20 4 3.6190-3.6670
are compared. Conclusions based on this work with recommenda- Centerbody 3 0.0070 20 4 3.8175-3.8775
tions for future work are presented at the end of the article. 4 - : -
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Fig. 1 Axisymmetric mixed-compression inlet. Upper half shows Mach contours; lower half shows computational grid.
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enhanced for internal flows and for use in an applications-oriented
environment.

The basis of the algorithm is the Reynolds-averaged Navier-
Stokes equations for a Newtonian fluid that obeys the Fourier heat
conduction law. These equations form a system of partial differen-
tial equations (i.e., continuity, momentum, and energy equations).
The equations are cast in nondimensional conservation law form
and then transformed into a general curvilinear coordinate system.
The resulting vector of dependent variables is represented by

p

~ 1ipu

O = 3 puy

puy

E

where the nondimensional variables are defined by

p=p/p,

usu'/a,

E=E'/(p, a’?)

and nondimensional distances, pressures, and temperatures are de-
fined by

x=x"/x,
P=P/(p’ a'rz) =P/ (YP))
T=T/T,

Central differences are used to cast the resulting system of equa-
tions into finite difference form. The equations are solved using
the approximate factorization scheme developed by Beam and
Warming, including the diagonalized implicit matrices developed
by Pulliam. An alternate flow solver based on the multistage
Runge-Kutta method is provided for accurate calculations of time-
dependent flows. Implicit residual smoothing may be used to in-
crease the time step size at the expense of reduced temporal accu-
racy.

Using PARC, complex geometries can be analyzed with relative
ease due to the multiblock grid capability and the ability to easily
specify boundary conditions on the interior as well as the bound-
aries of the grid blocks. Inviscid, laminar, and turbulent flows can
be simulated for two-dimensional, axisymmetric, or three-dimen-
sional geometries.

Bleed Boundary Condition

In supersonic inlets, mass is bled from the internal surfaces to
prevent boundary-layer separation and to stabilize the throat nor-
mal shock. Accurate modeling of the dynamics of the inlet flow re-
quires accurate modeling of the effect of bleed on the motion of
the shock. Previous bleed boundary conditions assumed that the
bleed flow rate was either fixed and independent of the shock posi-
tion or that the flow rate varied but didn’t account for changes in
the bleed hole discharge coefficient. Since the discharge coeffi-
cient of the bleed holes changes depending on whether the local
flow is supersonic or subsonic (i.e., upstream or downstream of the
throat normal shock) and depending on vena contracta effects, the
bleed boundary condition affects the motion of the normal shock
in the throat, as noted by Paynter et al.’

The bleed boundary condition developed for this study treats
each bleed region like a porous wall extending from the front edge
of the bleed band to the aft edge. The flow velocity normal to the
wall is computed based on the local flow properties, the total bleed
hole area, and a discharge coefficient function. The boundary con-
dition is applicable to both steady-state and time-accurate calcula-
tions, as well as for inviscid and viscous calculations (i.e., Euler
and Navier-Stokes calculations).

The bleed boundary condition is a “global” model of the effects
of bleed on the inlet. The model yields the overall effects of bleed

mass removal on the inlet flow but does not completely model
local variations in bleed that undoubtedly exist in either the
streamwise or cross-stream direction. The model is based on the
assumption that removing the correct amount of mass from the
inlet as the normal shock moves forward over the simulated porous
bleed region is much more important in an accurate simulation of
the motion of the normal shock than how the mass flux removal is
distributed over a bleed region.

The solution procedure for the bleed boundary condition starts
with extrapolation of all of the PARC dependent variables (i.e., p,
puy, puy, E) from values at time n — 1 and » to time # + 1. The pro-
cedure used to extrapolate the flow variables in space and time is
based on a Taylor’s series expansion for a function of three vari-
ables (i.e., t, x, and y) as follows:

ot x,y) = ¢(a,b,0) + (t-a) . (a, b, c)
+(x=b)o,.(a,b,c) + (y—c)9,(a b, c)

+ 0 (A5 AX% AYD) _ 1)

where the partial derivatives have been denoted using subscript
notation, e.g., ¢, = d¢/dz. This equation is transformed from physi-
cal space to computational space (i.e., from x, y coordinates to &, 1
coordinates) using the following relationships:

d d d

-— + —_—

%= o3ty
and

J _ d 0

ay = S o

where the transformation derivatives &, ﬁy, M and M, are the grid

metrics. The partial derivatives are approximated using backward

differences in time of O(Af) and differences in space of O(Ax?) and

O(Ay?). For example, the following equation is the finite difference

expression used on a boundary on the right side of the computa-
tional domain (i.e., at i = iy,,):

n n-1
n+1 n+l n ¢i— ~_¢i, N
0 =0+ (" _I)( - n__lljj
-t
R B S
+(xi,j_xi—1,j){E-’X = zl 2’]+nx 1’j+12 i
o~ O 11— i1 i1
+(yi,j—yi~1,j)(&y s J 21 ,]+ny i J+ 5 i J

Note that this equation is a Taylor series expansion at ¢f_ . ; andis
used to obtain (1),”;r 1. Similar expressions are used on the ieft, top,
and bottom boundaries of the computational domain (i.e., at i =
Emins J = Jmax> A0A J = i, rESPECtively).

For simplicity the time step size is assumed to be constant. Since
variable time step sizes will introduce an error in the extrapolation
procedure, constant time steps are used for time-accurate calcula-
tions. For steady-state calculations, the error due to variable time
step size will effectively be zero once the steady-state solution is
achieved.

Next the surface porosity is determined for the bleed boundary
condition patch. The surface porosity is defined by the following
formula:

A
D = bleed 2
. )

surface

where Ayp..q is the total cross-sectional area of the bleed holes
within the boundary condition patch, and A, is the surface area
of the boundary condition patch.
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Fig. 2 Sonic mass flow coefficient data.

Next the wall velocity is computed. For viscous flows, a no-slip
condition is imposed,

Uy =0

For inviscid flows, the wall velocity is replaced by the velocity
component that is tangent to the wall,

(Wyan * twatwal = Wwall

Next the bleed hole sonic mass flow coefficient,’ Q. is deter-
mined as a function of the bleed hole angle, the bleed plenum pres-
sure, and the local flow properties; Qgonic 1S defined by

M crual _ f o M P plenum ( 3)
m - bleed> “™ local’ P
max T1ocal

Qsonic =

where r_, is the maximum theoretical flow at the local stagna-
tion pressure and stagnation temperature. The local flow properties
are taken at the wall for inviscid flows or from the grid point that is
just beyond the edge of the boundary layer for viscous flows.

The data used in this study for 20-deg bleed holes’ and 90-deg
bleed holes® are shown in Fig. 2. These Q. data are input as
tables of values for discrete values of Mjqc,y and Ppienum/ Prigeq- Bi-
linear interpolation is used to calculate the appropriate values for
Qsonic as the solution develops. The present procedure can be easily
extended to include the characteristics of bleed holes at other an-
gles, entrance shapes, exit shapes, and length-to-diameter ratios by
simply adding the appropriate tabular data.

The Qo data were measured under steady-state operating con-
ditions. Since Q;. data measured under unsteady operating con-
ditions are unavailable, steady-state values are used as a reason-
able first approximation. The applicability of steady-state data to
unsteady flow must be evaluated. However, since the bleed flow
rate through a given bleed band is generally very small compared
with the flow through the entire inlet (i.e., on the order of less than
1% of the inlet capture flow), using steady-state data should yield
meaningful results. Future work will extend the bleed boundary
condition to account for time-varying bleed plenum pressures,
which will further improve the accuracy for unsteady inlet analy-
ses.

Based on the definition for Q;. and accounting for the surface
porosity @, the effective bleed velocity magnitude is computed as
follows:

TPTlocal
g

u = L Te——
| bleedl Qsomc
T
TlocalP

where

—(y+1
_ 7_1)2(7—1>
s =(1+552

The bleed flow is assumed to be normal to the flow domain bound-
ary, therefore the bleed velocity vector is given by

Upleed = |uhleedl L

Now the velocity on the boundary is set to the vector sum of the
wall velocity and the bleed velocity

U = Uy + Upjeeq

completing the application of the bleed boundary condition.

Compressor Face Boundary Condition

Most Euler/Navier-Stokes codes provide a mechanism for spec-
ifying a fixed static pressure or mass flow at an outflow boundary.
This type of boundary condition is not adequate for unsteady inlet
analyses since the pressure and mass flow at the compressor face
can change with time in response to an engine transient or a tran-
sient in the freestream flow. To address this problem, a new com-
pressor face boundary condition has been developed.

In typical aircraft engines the flow is choked at one or more lo-
cations (typically in the turbine nozzles and the thrust nozzle
throat). Therefore, the flow through the entire engine is limited,
and for steady-state operation the corrected flow at the compressor
face is directly proportional to the limiting Mach number in the
choked portion of the engine (i.e., the corrected flow is fixed at
the compressor face). Conversely, engine or freestream transients
cause a change in corrected flow at the compressor face. The new
boundary condition has been developed to account for these condi-
tions by specification of the compressor face corrected mass flow
., either as a constant or as a linear function of the stagnation
conditions.

The engine face Mach number can be related to the mass flow
per unit area by the formula for isentropic mass flow? (written in
the nondimensional variables)

:yi M
A/:?TT {1+ [(Y"l)/Z]MZ} [(y+ 1D /2(y- D]

@

>3

It is apparent that m is proportional to Py and inversely propor-
tional to »/T7. Therefore, at a given Mach number the mass flow
will vary as the local stagnation conditions change.
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The actual engine flow rate is typically referenced to the flow
that occurs at a specified reference condition (typically static con-
ditions at sea level). Using Eq. (4) to relate the mass flow at the
reference conditions to the actual mass flow yields

. /TT/TTr _ W

= =

=nm, ®)
which is usually defined as the corrected mass flow since it is the
actual mass flow corrected to the reference conditions for the same
engine entrance Mach number (i.e., Mp).

Equations (4) and (5) can be rewritten to yield

Pr, M

Y
*\/T_T, {1+ [(’Y——l)/2]M2} [(Y+ 1) /72(r- 1]

©)

m(’
A

Since the reference conditions are fixed, it is evident that specify-
ing a constant Mach number is equivalent to specifying a constant
corrected mass flow per unit area.

Changes in the freestream conditions result in changes in the
stagnation pressure and stagnation temperature at the compressor
face and, therefore, changes in the corrected mass flow and the
compressor face Mach number. To account for this effect, a linear
function for changes in the corrected mass flow with changes in Pr
and Ty is provided by

Mr, o APy ATy
. e kT

)

where Kp and Ky are empirical coefficients specific to a given en-
gine and engine operating condition. This function is modeled
after a function reported in Ref. 9 that accounts for changes in 77
only. Use of this function assumes that the engine mass flow in-
stantly responds to the change in flow conditions.

The compressor face boundary condition is implemented in
PARC in a manner similar to the subsonic outflow boundary con-
dition in that the static pressure is set and the density and velocity
are extrapolated from upstream. The static pressure is not set to a
constant value but instead is adjusted at each time step based on
the average stagnation pressure, average stagnation temperature,
and average Mach number on the compressor face boundary. The
objective is to update this pressure in a time-accurate manner so
that the unsteady flow in the inlet can be accurately computed.

The basic solution procedure is as follows: First the dependent
variables at time n + 1 are determined on the boundary by extrapo-
lation from the upstream grid point values at time # — 1 and n using
Eqg. (1). Next the mass flux weighted average stagnation pressure
P; and stagnation temperature 7, is computed at time n + 1 on
the boundary using the following formula:

_ Jorpu-aa
s
J.pu‘ dA

Next the average Mach number is either taken from the input data
or computed from the specified corrected mass flow per unit area
using Eq. (6). The corrected mass flow per unit area may be speci-
fied either as a constant value or computed from Eq. (7). The aver-
age static pressure is then computed:

Y
B I_’T(l +7———;11\7§F)7“1

The final step is to impose the static pressure on the boundary by
updating the local stagnation energy using the following formula:

P
v-1

This new boundary condition provides a mechanism for conve-
niently specifying the corrected mass flux on an outflow boundary

E = +Tu- u

\S] e

of a flowfield solution. The boundary condition can be used by
specifying 1) the average Mach number over the boundary, 2) the
corrected mass flow per unit area through the boundary, or 3)
the corrected mass flow per unit area as a linear function of Py and
T (to more accurately represent the engine response to freestream
disturbances such as velocity or thermal gusts).

Since the boundary condition can be used to specify the cor-
rected mass flow per unit area, it can also be used to simulate the
effects of choke plates or choked nozzles. An additional benefit for
steady-state analyses is that the boundary condition is nonreflec-
tive when a constant average Mach number is specified (i.e., dis-
turbances are allowed to leave through the boundary without re-
flecting back into the solution domain), which improves solution
convergence for these calculations. Disturbances are expected to
originate at the engine face when using the linear corrected mass
flow function to simulate the engine face for unsteady inlet flows.

Results

The new boundary conditions have been demonstrated for an in-
stantaneous decrease in the corrected mass flow at the compressor
face of the axisymmetric mixed-compression inlet shown in Fig. 1.
The inlet lines were lofted using the CATIA® computer-aided de-
sign system to define boundaries for the CFD grid. The computa-
tional grid for the cases reported in the present study was gener-
ated using the GRIDGEN2D!' grid-generation program. The
axisymmetric calculation was performed using four grid blocks
with a total of 6069 grid points. A mesh sensitivity study was not
performed since the objective was to develop and demonstrate the
bleed and compressor face boundary conditions. Grid density does
influence the accuracy of computed results and must be considered
when performing design analyses.

Euler calculations were used instead of Navier-Stokes calcula-
tions since fewer grid points are necessary and larger time steps
are allowed, resulting in less computer time and smaller memory
requirements. Euler calculations are thought to provide useful ini-
tial design information. The Euler results must be tested against
Navier-Stokes and experimental results to determine the extent to
which the Euler analysis can be used with the bleed boundary con-
dition.

Two cases were devised to study the movement of the normal
shock over the throat bleed band as the compressor face Mach
number M changes and to illustrate the difference between 20-
and 90-deg bleed hole configurations on the motion of the shock.
The bleed hole angle for all bleed bands was assumed to be 20 deg
except for the throat bleed band on the inner cowl surface (i.e., the
aftmost bleed region on the cowl), which had 20-deg bleed hole
angles for case 1 and 90-deg bleed hole angles for case 2.

The cowl slot was simulated by a porous wall section using the
discharge coefficient data for 20-deg bleed holes. The hole area for
the slot was adjusted so that the bleed rate through the cowl slot
plus cowl region 4 matched the value reported in Ref. 3. Table 2
compares the bleed rates predicted by PARC with the values re-
ported in Ref. 3 when the throat normal shock was downstream of
all bleed regions. The differences between the bleed rates pre-
dicted with PARC and those reported in Ref. 3 are probably due to
the Euler calculation (which results in full velocity profiles on the
walls) and the absence of throat blockage effects that would occur
with the actual viscous profiles. The agreement is felt to be accept-
able for boundary condition verification purposes.

Demonstration Case 1—20-Deg Bleed Holes Used for Cowl Bleed
Region 4

The bleed system for this case is described in Table 1. Note that
all of the bleed regions have 20-deg bleed hole angles. The com-
pressor face Mach number was fixed at 0.4167, and the calculation
was run until a steady-state solution was achieved with the throat
normal shock just downstream of the throat bleed regions. This
steady-state result is identified as ¢ = 0.0 s on subsequent figures.
Figure 3 shows the Mach number contours in the vicinity of the
throat. Figure 4 shows the Mach number distribution along the
centerbody and cowl walls and along the centerline of the duct.

This steady-state result was used as the initial condition for the
shock transient calculation. The compressor face Mach number
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Table 2 Bleed rates

Ref. 3, PARC, Difference,
Bleed region Mseeal iy, Plyjeeql Ty, %
Cowl 1 0.0031 0.0040 +29
Cowl 2 0.0037 0.0045 +22
Cowl 3 0.0046 0.0057 +24
Cowl slot and 4 0.0120 0.0119 -1
Centerbody 1and 2 0.0097 . 0.0124 +28
Centerbody 3 0.0082 0.0104 +27
Z %
45
1. i
> 4 1.4 C“
43 :
D.8
1.5
13
4 Z ‘
Centerbody 3

Fig.3 Throat Mach contours with 20-deg bleed at ¢ = 0.0 s.
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Fig.4 Throat Mach distribution with 20-deg bleed at £ = 0.0 s.

was reduced by 0.005 (to 0.4117, a 1.0% decrease in corrected
mass flow), and a time-accurate solution was computed. The per-
turbation in the compressor face Mach number caused the throat
‘normal shock to translate to the forward edge of the last bleed re-
gion on the cowl and onto the last centerbody bleed region. Mach
number contours are shown in Fig. 5, and the Mach number distri-
bution along the centerbody, cowl, and centerline is shown in
Fig. 6.

The calculation was run with a fixed time step size of 5.54 X
1073 s and a maximum Courant number of approximately 5.1. To
translate the shock forward to the new steady-state condition, 1425
time steps were required. The elapsed time for this transient was
0.079 s. The calculation was performed on a Silicon Graphics 4D-
35TG workstation and required 1.72 s of central processor unit
(CPU) per time step.

The implicit residual smoothing option was used to allow calcu-
lation at a maximum Courant number of 5.1. Comparisons with

calculations using a smaller maximum Courant number of 0.51
and without implicit residual smoothing have not revealed discern-
ible differences in the steady-state results. The elapsed time for the
shock transient was reduced by approximately 19%, however.
Since a goal of the current study was prediction of the total for-
ward translation of the normal shock, a maximum Courant number
of 5.1 was used for most of the calculations reported in this article.
In future studies aimed at a time-accurate simulation of the shock
motion, a Courant number below 1 is thought to be necessary.

Demonstration Case 2—90-Deg Bieed Holes Used for Cowl Bleed
Region 4

For this case the bleed system was nearly the same as for case 1
except that cowl bleed region 4 was modeled using 90- instead of
20-deg bleed hole angles. The flowfield for this configuration was
computed to illustrate the effect of different bleed hole angles on
the forward translation of the shock. To keep the same initial bleed
rate as for Case 1, the bleed hole area for cowl region 4 was in-
creased from 0.0076 to 0.0244 (i.e., the bleed hole porosity was in-
creased by a factor of 3.2). This increase in bleed hole area was
necessary to account for the decrease in the discharge coefficient.
The initial condition was the same as shown in Figs. 3 and 4.

The same perturbation in compressor face Mach number was
used to cause the shock translation (i.e., M was decreased from
0.4167 to 0.4117). The calculation was run with the same time step
size and Courant number as Case 1. The calculation required 1175
time steps to translate the shock forward to the new steady-state
condition. The elapsed time for this transient was 0.065 s (a tem-
poral error was undoubtedly introduced by allowing a maximum
Courant number of 5.1) and required 1.73 s of CPU time per time
step. Mach number contours are shown in Fig. 7, and the Mach
number distribution is shown in Fig. 8.
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Flg 5 Throat Mach contours with 20-deg bleed at ¢ = 0.079 s.
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Fig. 6 Throat Mach distribution with 20-deg bleed at £ = 0.079 s.



1206 MAYER AND PAYNTER: UNSTEADY SUPERSONIC INLET ANALYSES

A
Centerbody 3

Fig. 7 Throat Mach contours with 90-deg bleed for cowl region 4 at ¢
=0.065 s.
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Fig. 8 Throat Mach distributions with 90-deg bleed for cowl region 4
at ¢ = 0.065s.

Note that the shock has not translated as far forward as in case 1.
The normal shock has moved approximately halfway across cowl
bleed region 4. The shock moved to the forward edge of region 4
in case 1. This indicates that using 90-deg bleed holes leads to an
extra margin of stability for the inlet, since a greater change in en-
gine mass flow can be tolerated before the inlet will unstart.

The stabilizing influence of bleed on the throat normal shock
can be understood by examining Fig. 2 in conjunction with the fol-
lowing relationship developed by Paynter et al.>:

dm. . dPr i, dm
CF 52 + bleed bleed =0 (8)

m Pre,  Mcp Me

This formula shows that if the engine corrected mass flow de-
creases, this decrease must be offset by an increase in total pres-
sure downstream of the shock (i.e., forward shock translation) and/
or an increase in bleed mass flow. Figure 2 shows that for a given
change in local Mach number a greater change in bleed mass flow
occurs for 90-deg bleed holes than occurs for 20-deg bleed holes.
Therefore, with the 90-deg bleed holes, less increase in PTS2 is re-
quired to satisfy Eq. (8), and this means reduced forward shock
translation. This result is also consistent with the conclusions of
Chyu et al.! that bleed boundary conditions that permit the bleed
mass flow to change with the local flow properties have a more

stabilizing influence on the throat shock than boundary conditions
where the bleed mass flow is fixed.

Conclusions and Recommendations

The bleed and compressor face boundary conditions have been
demonstrated with an analysis of the effects of a simulated engine
transient on the flow in a typical supersonic inlet configuration.
Validation of the use of Euler calculations for unsteady inlet analy-
ses and the solution accuracy have not yet been performed but are
required.

The test cases documented in this article demonstrate that 90-
deg bleed holes in the throat region provide an extra margin of sta-
bility over 20-deg bleed holes. The bleed boundary condition cur-
rently sets the bleed hole discharge coefficient based on experi-
mental data for either 20- or 90-deg bleed holes. Discharge
coefficient data for additional bleed hole configurations can be
easily added to the solution procedure.

Future work will focus on the following tasks:

1) Extend the bleed boundary condition to account for the tem-
poral response of the bleed plenum pressure to changing bleed
flow rates. This enhancement will improve the accuracy of the dy-
namic simulation of the inlet.

2) Extend the compressor face and bleed boundary conditions to
three dimensions for use in the three-dimensional version of
PARC. '

3) Add a time-varying freestream condition to the PARC code
so that the effects of freestream disturbances (e.g., thermal and ve-
locity gusts) on inlet stability can be analyzed.

4) Run simulations with a maximum Courant number below 1 to
examine the temporal response of the normal shock to either an
upstream or downstream disturbance.

5) Perform viscous calculations to include throat viscous block-
age effects (which affects the throat Mach number distribution,
normal shock strength, and normal shock translation) and to im-
prove the accuracy of bleed flow rate calculations.
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